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Transonic Flow about a Thick Circular-Arc Airfoil

John B. McDevitt,* Lionel L. Levy Jr.,t and George S. DeiwertJ
NASA Antes Research Center, Moffett Field, Calif.

An experimental and theoretical study of transonic flow over a thick airfoil is presented. This study was
prompted by a need for adequately documented experiments that could provide rigorous verification of viscous-
flow simulation computer codes. Test results are presented for Reynolds numbers (based on airfoil chord length)
ranging from 1 million to 17 million, covering laminar to fully developed turbulent flows. By varying the airfoil
peak local Mach number from about 1 to 1.4, both weak and strong shock boundary-layer interactions were ob-
served. Measurements presented include surface pressures, streamline and flow separation patterns, and
shadowgraphs. For a limited range of freestream Mach numbers the airfoil flowfield was found to be unsteady.
Instantaneous pressure measurements and high-speed shadowgraph movies were taken to investigate this
phenomenon. Comparisons of experimentally determined and numerically simulated steady flows using a new
viscous-turbulent code are also included. The comparisons show the importance of including an accurate tur-
bulence model. When the shock-boundary-layer interaction is weak the turbulence model employed appears
adequate, but when the interaction is strong, and extensive regions of separation are present, the model is
inadequate and needs further development.

Nomenclature
b = airfoil span
Cp = pressure coefficient
c = airfoil chord, c=20.3 cm (8 in.)
/ = reduced frequency, 27r(frequency)(c/2)/(free-

stream velocity)
h = half-height of channel
M = Mach number
P0 — total pressure
ReCf00 = Reynolds number based on airfoil chord and

freestream conditions
t = airfoil thickness or time
x =streamwise coordinate measured from airfoil

leading edge
y = lateral coordinate measured from test channel

centerline
Z = vertical coordinate measured from model cen-

terline
Ap = (instantaneous pressure)-(mean static pressure)
A () = incremental quantity

Subscripts

peak

= freestream conditions
= conditions immediately in front of shock
= peak value

Superscript
* = conditions at sonic velocity

Introduction

THE full potential of advanced computers will nctt
be realized in aerodynamic applications until adequate

models are found for the turbulent transport. A new viscous-
turbulent code, employing the complete Navier-Stokes
equations, and with application to the transonic flow over air-
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foils, is currently under development by Deiwert1'2 at the
Ames Research Center and the present experimental study
was undertaken in support of this code development.

Although numerous investigations have been made of
viscous effects on airfoils, and many studies made of
separated flow phenomena in general (e.g., Refs. 3-9), the
information available is not completely suitable for guiding
the development or viscous-turbulent computer codes. Often,
the test Reynolds number range is too low and the separation
phenomena are sometimes subject to large and uncertain wall
interference effects, test-flow nonuniformity, and angle-of-
attack effects. Ideally, an experimental transonic airfoil study
would involve the simplest geometry possible, and include
both trailing-edge and shock-induced separations. This paper
describes such an experiment. A new facility was constructed
and the airfoil and test-section geometry specifically chosen so
as to achieve the desired test program.

First, a brief description of the new facility, the Ames high
Reynolds number channel, is given. Next, the first ex-
perimental tests conducted in the new facility are described
and the results presented and discussed. The paper then con-
cludes with comparisons of measured and numerically
simulated transonic airfoil pressure distributions using recent
results from the viscous-turbulent code being developed at
Ames.

Facility
The new facility is of the blow-down type and uses a large

settling tank with various throttling plates and screens for
conditioning the flow. The facility is designed for operation at
reynolds numbers per foot up to 40 million for subsonic flows
and to 200 million for supersonic flows. Interchangeable test-
channel configurations are used, each designed specifically
for the test flow to be studied.

For the present study a test channel 25 cm wide, 38 cm high,
and 150 cm long (10xl5x60in.) was chosen with the airfoil
spanning the channel (see Fig. 1). The design of the bellmouth
entrance section for this test section is described in Ref. 10.
The test Mach number was regulated by choking the flow
downstream-of the test section, either by the use of inserts in
the upper and lower channel walls^ or in combination with a
translating two-dimensional wedge, as shown in Fig. 1.
Although the wedge operates in the wake of the test airfoil,
extensive tests indicated that the wedge did not affect the test
results (a conclusion reached by comparing airfoil pressure
distributions obtained with and without the use of the wedge).
Also incorporated in the design of the upper and lower test-
section-channel walls were removable inserts contoured to
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Fig.l Test section schematic.
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Fig.2 Biconvex circular-arc airfoil experiment.

simulate the flow streamlines about the airfoil in free air at
the chosen design Mach number and Reynolds number, an ef-
fective means for eliminating wall interference effects. The
upper and lower walls were also hinged at their leading edges
to provide minor adjustments to compensate for displacement
effects of the channel boundary layer, and for use at other
than the nominal test condition.

Basic Considerations
Since the primary intent of the study was to provide basic

data to guide the further development of computer codes, the
simplest of airfoils was chosen-the circular-arc profile,
which is characterized by a constant radius of curvature. The
numerical method of Ref. 1 was used to compute the inviscid
transonic flow about a family of circular-arc airfoils and the
experimental program was then chosen on the basis of the
results shown in Fig. 2.

To eliminate upper and lower wall interference effects, and
to prevent premature choking of the tunnel by the transonic
airfoil shock, these walls were contoured to follow the airfoil
free-air streamlines for the chosen nominal test condition.
The side wall interference effects were minimized by the
choice of a nonlifting experiment and by specifying
beforehand that the experimental program be restricted to
flows where the ratio of shock height to channel width (the
wing planform aspect ratio is not the important parameter
here) is less than one half, which, for the channel used,
required that zs/h<2/3. Consideration was also given to the
belief that the local Mach number ahead of the shock should
reach at least 1.35 to insure that the important shock-induced
boundary-layer separation phenomenon could be included in
the study. These considerations led to the choice of an 18%
thick airfoil, a nominal test Mach number of 0.775 ( as indi-
cated in Fig. 2), and the test section shown in Fig. 1.

For the present tests the upper and lower channel walls were
each diverged 0.15 deg (see pivot point in Fig. 1) to account
for channel wall boundary-layer growth based on a nominal
unit free-stream Reynolds number of 10 million. The inviscid
streamline contours for the nominal test Mach number of
0.775 are listed in Table 1.

Model
The ordinates of the stainless steel model were accurate to

within ± 0.008 cm, except that the theoretically sharp leading
and trailing edges were, by necessity, replaced by cylindrically

x/c Az/c x/c Az/c
-1.56
-1.50
-1.25
-1.00
-0.75
-0.50
-0.25
0
0.25
0.50
0.75
1.00

0
0.0008
0.0044
0.0079
0.0113
0.0160
0.0238
0.0344
0.0463
0.0540
0.0528
0.0431

1.25
1.50
1.75
2.00
2.25
2.50
2.75
3.00
3.25
3.50
3.75
3.94

0.0334
0.0265
0.0223
0.0196
0.0171
0.0146
0.0121
0.0096
0.0071
0.0046
0.0021
0

blunted edges of approximately 0.002-cm diam. The airfoil
pressure orifices were 0.03-cm diam and formed by an elec-
tric-arc discharge technique so as to insure sharp edges.

Tests and Procedures
The test data included surface-pressure measurements on

the airfoil and channel walls, oil-film studies to display sur-
face streamlines and locate lines of flow separation, and flow-
field shadowgraphs. The tests were conducted at free-stream
Reynolds numbers, based on airfoil chord length, ranging
from 1 million to 17 million. The test Mach number was
varied from near the critical value (M^ « 0.71) to the highest
possible without the airfoil choking the channel.

Pressure measurements were made along the centerline on
both upper and lower airfoil surfaces, and at various spanwise
stations on one surface.The results indicated two-dimensional
flow over most of the airfoil, the only exception being the
regions immediately adjacent to the channel walls. The model
was tested in both upright and inverted positions to check
flow angularity in the channel; there was none. Surface oil-
film studies were also conducted to substantiate the nearly
two-dimensional aspects of the tests. Extensive tests were also
made to insure that choking the flow at the downstream end
of the test channel was an effective freestream Mach number
control and did not affect the test results.

The test free-stream (corresponding to x/c— — oo) Mach
number was obtained as follows: The local Mach number at
the side wall of the channel directly ahead of the wing at
station x/c=-1.34 (see Fig. 1) was evaluated from
measurements of total pressure and wall static pressure. The
Mach number in the center of the channel was then obtained
by correcting for the variation in local Mach number across
the channel. This was determined from flow calibration runs
to be approximately A M=0.003. The freestream Mach num-
ber was then evaluated from an empirical relationship

.140(MA./C=_,.34-0.7)

derived from numerical calculations using the method
described in Ref. 1 for the test airfoil in free air at Mach
numbers between 0.7 and 0.8.

The basic pressure measuring system employed transducers
located outside the channel and the response time (to reach
99.9% of the true value) was of the order of 2 sec. All pressure
transducers were calibrated immediately before each test run.
Error analyses indicated pressure measurements were accurate
to ±0.1% of the channel total pressure. Approximately
10-15 sec were required to start the flow in the channel and
reach the desired test condition. The flow was then held steady
at constant P0i Mx for a minimum of 5 sec and the airfoil and
channel wall pressures recorded simultaneously.

During the course of the investigation it was discovered
(from viewing high-speed shadowgraph movies of the
flowfield) that unsteady oscillatory flow occurred for certain
combinations of Reynolds number and Mach number. To
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Table 2 Location of Kuhlite transducers
for dynamic pressure measurements

Transducer Location
Channel sidewall forward of air-
foil,
x/c=-\34,z/c=- 0.375

Channel sidewall downstream of
airfoil,
x/c=3A6,z/c= -0.375

Airfoil upper surface,
x/c = 0.50, (y/b)/2 = 0.70

Airfoil lower surface,
x/c= 0.50, (y/b)/2 = 0.70

Airfoil upper surface,
x/c =0.11 5,

Airfoil lower surface,
x/c = 0.775,(y/6)/2 = 0.70

provide detailed information in this unsteady flow regime,
four miniature pressure sensors were located directly in the
airfoil with the transducer diaphragms within 2 mm of the air-
foil surface (response time less than 10 ~3sec). Similar sensors
were also flush-mounted in the channel walls to determine if a
coupling existed between the unsteady flow about the airfoil
and the channel test Mach number. The test data indicated
that none existed. The exact locations of these transducers are
described in Table 2.

Results and Discussion
A major concern in a test program of the present type is the

possibility that three-dimensional effects would seriously
degrade the data. Comparisons of steady-flow pressure
measurements at several spanwise stations are made in Fig. 3.
Two examples are presented for a relatively low Reynolds
number where the airfoil boundary layer was believed to be
laminar for the most part (based on comparisons of pressure
distributions obtained with and without boundary-layer trips
at the airfoil leading edge) and two examples for a well-
established turbulent layer (Figs. 3c and 3d). These data in-
dicate that the flows were essentially two-dimensional; the
only appreciable deviation occurred nearest the wall for the
data in Fig. 3a. Pressure measurements along the centerlines
of the contoured upper and lower walls are also included in
Fig. 3. (The measured Cp values at the walls rapidly ap-
proached zero both upstream and downstream of the airfoil).

Typical photographs of oil-film patterns and shadowgraphs
of the aft flowfield are presented in Fig. 4 for trailing-edge
separation and in Fig. 5 for separation at the base of the shock
wave (shock-induced separation). The oil-film patterns also
indicate the absence of signficant three-dimensional effects.

Representative test results, which illustrate Reynolds num-
ber effects when the flow is steady (except close to the trailing
edge for the lowest Reynolds number), are presented in Figs. 6
and 7. At M^ -0.750 the pressure recovery over the aft por-
tion of the airfoil is large and boundary-layer separation oc-
cuis near x/c=0.9, as indicated by oil-film patterns. (A
typical separation pattern was included in Fig. 4.) At M^ «
0.780 the aft pressure recovery is weak and shock-induced
separation occurs (an example of shock-induced separation
was displayed in Fig. 5). The flowfield is directly affected by
the displacement effect of the boundary layer and the effect of
changes in Reynolds number on peak pressure coefficient,
shock strength, shock location, and aft pressure recovery are
appreciable, particularly at low Reynolds numbers. In
general, the Reynolds number effect is small for numbers
above 10 million.

Representative test data obtained at constant Reynolds
number are displayed in Fig. 8 to demonstrate Mach number
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Fig.3 Pressure distributions on airfoil and upper and lower channel
walls; a) ReCt00 =2.1xl06, M^ =0.743; b) Rec;00 =2.1xl06, M^ =
0.786; c) /?^coo = 10.3x!06,M00 =0.741; d) Rec x = 10.3x106,
1/^=0.786.
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Fig.4 Trailing-edge boundary-layer separation, Rec ^ = 10.3x106,
M00= 0.760.

PRESSURE .DISTRIBUTION SHADOWGRAPH

0 .2 .4 .6 ,8 i.O »<t/C-O.IS

Fig.5 Shock-induced boundary -layer separation, Rec
M00= 0.786.

= 10.3x10 6,

effects. Included in this figure are variations of the
parameters Cpjf/c==0>975 (a convenient measure of aft surface
pressure recovery) and Mpeak (local Mach number at peak Cp)
with MOO. As the test Mach number is increased above the
critical value (Mpeak = 1), steady flow with strong aft pressure
recovery, and with boundary-layer separation located near the
trailing edge (*/c«0.9), persists for the test Reynolds number
range (1 million to 17 million) until approximately MOO = 0.76.
Then, as the freestream Mach number is increased from about
0.76 to 0.78, the flow is unsteady (to be discussed sub-
sequently). About MOO « 0.78 the flow is again steady (except
for the lowest Reynolds number of 1 million), with separation
now fixed at the base of the shock wave.

In the unsteady-flow regime the parameters Cpx/c=0915 and
Mpeak vary more or less smoothly with increasing M^ for
Reynolds numbers of about 4 million, or less. For Reynolds
numbers above about 5 million the variations are difinitely
discontinuous, and double values were obtained, indicating
the presence of a hysteresis phenomenon (to be discussed in
more detail later).

-High-speed shadowgraph movies were made of the flow
over the aft portion of the airfoil as the free-stream Mach
number was varied from 0.740 to 0.785. (The translating
speed-control wedge shown in Fig. 1 was used to increase the
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X/C

Fig.6 Reynolds number effect, M& ~ 0.750.

-.8 -

-.4 -

0 .2

Fig.7 Reynolds number effect,

free-stream Mach number during filming at a rate of dM^/dt
«0.002/sec.) Photographs of selected frames from a movie
for a test run at Rec>00 =7.3x10 ~6 are shown in Fig. 9.
Initially, for free-stream Mach numbers less than about 0.76,
the flow was steady with separation near the trailing edge (up-
per photograph in Fig. 9). (The three curved lines along the
upper portion of the window are oil streaks and should be
ignored.) At MOO « 0.76 the flow became unsteady, with the
separation line oscillating between a location near the trailing
edge to the base of the shock wave. As the Mach number in-
creased, the periodic motion of the boundary layer and shock
wave persisted until approximately M^ = 0.78, where the flow
field again appeared to be steady but with separation now
fixed at the base of the shock wave.

To obtain detailed information concerning this unsteady
flow phenomenon, instantaneous pressure measurements
were obtained with transducers placed in the airfoil at x/c
= 0.5 and 0.775 (upper and lower surface) and at the sidewall
of the channel (see Table 2). The reference sides of these dif-
ferential transducers were connected by tubing of sufficient
volume to provide damping (response time of about 3 sec) to
adjacent pressure orifices at the same streamwise location.
Selected oscillograph traces of pressure fluctuations obtained
as the Mach number was continuously increased from 0.740
to 0.785 are shown in Fig. 10 for Rec>00= 7.3xl06. The
periodic unsteadiness is an asymmetric phenomenon as the
airfoil upper surface pressure measurements lt/(at */c = 0.5)
and 2U (at ;c/c = 0.775) are exactly 180 deg out of phase with
the opposing lower surface measurements (traces \L and 2L).

The onset of unsteady flow is almost instantaneous (Fig.
lOa) and the mean level of the pressure traces is shifted
momentarily as the reference side of the transducers adjust to
a new mean level (see Fig. 8d). As the free-stream Mach num-
ber increases (Fig. lOb) the pressure fluctuations diminish in
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Fig.8 Mach number effectia) Recoo = l.OxlO6; b) ReCf(x = 2.1xl06;
c) Rec x = 4.3x106 d) Rec „ = 7.3x106; e) /?ec ^ = 10.3x106; f) Rec „
= 17.0x10 6.

amplitude and steady flow is indicated at M00=0.780
(separation is now fixed at the base of the shock wave). The
upstream sidewall measurement (trace A) does not noticeably
change at the onset of unsteady flow and is an indication of
the noise level of the tunnel.

Q) STEADY FLOW; TRAILING EDGE SEPARATION, M-,* 0.759

0.012'". 0.028
b) UNSTEADY FLOW, OSCILLATORY SEPARATION, M^ 0.770

SEPARATION,.M<o=

Fig.9 Boundary-layer separation from shadowgraph movie,
/tec>00=7.3x!06.
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Fig.10 Oscillograph traces of pressure fluctuations (see Table 2 for
sensor locations),Rec ^7.3x106: a) Onset of unsteady
= 0.760; b) Mn = 0.765 to 0.780.

A few cycles of oscillograph measurements at the airfoil up-
per surface, recorded just after the onset of unsteady flow, are
displayed in Fig. 11 in a manner that shows the fluctuations in
pressure coefficient. Also shown in this figure are crude
estimates of the envelopes of the pressure fluctuations, based
on the two dynamic measurements made. The surprisingly
large pressure excursions might be explained on the basis of
the large boundary-layer displacement effects shown in Fig.
9b. To determine if a coupling existed between the airfoil
oscillatory flow phenomena and the channel flow, the signals
were also recorded on magnetic tape and post-run spatial
cross correlations of signal A (channel sidewall ahead of the
airfoil where the local Mach number for steady flow is within
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Fig. 11 Pressure fluctuations at onset of unsteady
00= 7.3x10 6.

2% of Moo) with the airfoil measurements were made.
Correlation coefficients of approximately 0.1 were obtained
for both steady and unsteady flows. The numbers obtained
were below the threshold for a meaningful interpretation and
it was concluded that no coupling existed between the airfoil
oscillatory flow phenomena and the oncoming channel flow.
The extreme rigidity of the airfoil and test channel should
preclude a structural resonate phenomenon, and power spec-
tral density analyses of signal A demonstrated this to be the
case.

The frequency of the periodic motion shown in Fig. lOa was
approximately 188 Hz (the frequency cannot be deduced from
the successive motion-picture frames presented in Fig. 9
because the camera framing rate was only slightly greater than
the cyclic rate of the unsteady flow).

Since the separation alternates between the trailing-edge
and shock-induced phenomena, large changes in displacement
effects occur and the unsteady motion may be explained on
that basis. For example, if the local Mach number ahead of
the shock is near the critical value for shock-induced
separation, and if shock-induced separation suddenly occurs
on the upper surface while the lower surface separation is near
the trailing edge, the effective airfoil profile is no longer sym-
metrical and the effect of the negative camber is to slow down
the flow over the upper surface. This tends to suppress the
shock-induced phenomenon but, at the same time, to induce
higher velocities over the lower surface, thus promoting the
shock-induced phenomenon there, and the flow fields reverse.
When the free-stream Mach number is increased to a value
sufficiently above the critical, the oscillatory behavior ceases
and both surfaces experience steady, shock-induced
separation.

Oscillograph traces similar to those presented in Fig. 10
were obtained at Reynolds numbers from 5 million to 17
million. For #eCj00<4x!06, pressure fluctuations were ob-
served primarily at x/c=0.775. Typical measurements at a
low Reynolds number (where the boundary layer is believed to
have been transitional) are presented in Fig. 12. The frequen-
cies of the periodic measurements were within 190 ±3 Hz for
the Reynolds number range from 1 million to 17 million (the
reduced frequency/was approximately 0.49).

A recent study of unsteady transonic airfoils by Finke n in-
cluded tests of a 20% thick circular-arc airfoil at a. = 0 deg and
the unsteady shock oscillation appeared at a slightly lower
Mach number, M* =0.71, which is to be expected for the
thicker profile. The airfoil chord length was varied but the
reduced frequency remained constant at /«0.51 and it was,
therefore, concluded that the shock oscillation was not caused
by tunnel effects.

iMrrl
o I : : . : ; : : | j [ : 14

AP..3Hl1L:ill}

Fig.12 Pressure fluctuations,/?^«, = 2.1xl06.
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Fig. 13 Domains for airfoil shock oscillation.

The Reynolds number, Mach number domains where
periodic shock oscillations occur are shown in Fig. 13 for both
increasing and decreasing free-stream Mach numbers. (Test
runs could not be made at Reynolds numbers greater than
about 10 million for decreasing Mach number because the
translating speed-control wedge (see Fig. 1) was insufficiently
powered.) The right-hand boundaries (Fig. 13) are essentially
the same but the left-hand boundaries are considerably dif-
ferent, indicating a strong hysteresis effect, typical of large
separation phenomena.

The first appearance of shock-induced separation, and the
onset of cyclic flow, occurred near Mpeak « 1 .25. A discussion
of various criteria for predicting separated flows is included in
Ref. 12 and, for shock-induced separation on transonic air-
foils, Osborne's criterion (see also discussion in Ref. 13) was
found to be consistent with the present results. Osborne's
purely empirical relationship between the airfoil geometry and
the surface local Mach number ahead of the shock (Mpeak)
predicts for the present airfoil a shock -induced separation
critical value of 1 .22, which is only slightly lower than the ex-
perimental value.

Comparisons of Experiment with
Numerical Simulations

The present experimental study was undertaken to provide
definitive information suitable, in particular, for the
evaluation of new viscous turbulent- flow computer codes.
Since it is not now feasible for computers to employ a com-
putational mesh size smaller than the lowest scale of tur-
bulence, some way must be found to model the turbulent
transport adequately. One effort, by Deiwert, numerically
solves the full Navier-Stokes equations. He has recently suc-
cessfully programmed his method for use on the ILLIAC IV
computer. The numerical method is described in Ref. 1 and
recent efforts to obtain a turbulence model that will predict
the present experimental data are discussed in detail in Ref. 2.

Sample comparisons of numerical solutions from Refs. 1
and 2 with experiment are presented in Fig. 14 (for the viscous
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Fig. 14 Comparisons of numerical solutions with experiment: a)
Afoo = 0.775,/tec>00 = 2xl06; b) M^ = 0.786,/teC)00 = lOxlO6.

solutions, turbulent model 2 of Ref. 2 was used). The inviscid
solution agrees remarkably well with experiment over the for-
ward half of the airfoil but is inaccurate in predicting shock
strength and location, and in predicting the pressure level near
the trailing edge. When the aft pressure recovery is strong, in-
dicating that the shock boundary-layer interaction is weak
(Fig. 14a) the viscous solution agrees well with experiment,
predicting reasonably well the shock strength and location.
The only significant difference appears to be near the airfoil
trailing edge, where the experimental pressure distributions do
not indicate as extensive a separation region as does the
numerical computation. Good agreement between com-
putation and experiment is also obtained at the channel walls,
indicating that the streamline contouring used was reasonably
accurate and was effective in this case for minimizing wall in-
terference effects.

At the higher Mach number (Fig.l4b), where separation is
near the foot of the shock wave, the viscous solution does not
predict the shock location and strength, and greatly over-
predicts the pressure recovery over the aft portion of the air-
foil. At the channel walls the agreement between computation
and experiment parallels that at the airfoil surface, -upstream
of the airfoil shock the agreement is excellent but downstream
the numerical method overestimates the pressure recovery and
disagrees with experiment. This is probably due, in part, to
inadequate turbulent modeling in the vicinity of the
separation point and throughout the separated region, and ef-
forts to devise more suitable models are continuing (see

discussion in Ref. 2). Also contributing to the disagreement
downstream of the shock location was the fact that the chan-
nel upper and lower walls were contoured to match an in-
viscid-flow soluiton at a slightly lower Mach number. The
channel wall boundaries should, of course, be the same in
both the numerical simulation and experiment for a proper
comparison.

Conclusions
The present experimental study of the transonic flow over

an 18% thick circular-arc airfoil resulted in a diversity of
results: 1) steady flows with either weak or strong shock boun-
dary-layer interactions; 2) either trailing-edge-area or shock-
induced separations; 3) unsteady, asymmetric periodic flows
involving simple trailing-edge separation; and 4) large-
amplitude pressure fluctuations induced by the oscillatory
switching of the separation from the trailing-edge area to the
base of the shock wave.

The pressure coefficients forward of the airfoil shock are,
in the absence of blunt-nose effects, relatively insensitive to
changes in Mach number and Reynolds number. The shock
boundary-layer interaction phenomena, however, are strongly
dependent on Mach number and Reynolds number and the
steady-flow data for this simple airfoil are ideally suited for
evaluating turbulence modeling. For the case of trailing-edge-
area separation, numerical viscous solutions can be found
that agree well with experiment, predicting closely the shock
strength and location. The only region of relatively poor
agreement occurs in the immediate vicinity of the trailing
edge. For the strong shock boundary-layer interaction case,
recent attempts to devise a suitable turbulence model have
shown considerable progress, but as yet no adequate model is
available.

Although the intent of the present study was to obtain static
data, the unsteady pressure data included in this paper are of
interest in their own right, since unsteady flows have long
been of interest to aerodynamicists (see, for instance, Ref.
14). If a suitable turbulence model is found for the static case,
the dynamic case could, in principle, follow, as time-accurate
solutions can be obtained with advanced computers.

This paper presents the first results from an extensive
program to document fully the flow over basic airfoil shapes
which can be used as a guide for the development of a tur-
bulent transport model that realistically accounts for the
physics of the entire flow field. Future measurements will in-
clude skin friction, heat transfer, and flow field velocities
from a laser-Doppler velocimeter.
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